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ABSTRACT 
Thermal protection systems for hypersonic vehicles are low- to zero-fault-tolerant. In order 
to understand the fault tolerance of this system, the number of impacts that cause mission failure 
due to micro-meteoroid and orbital debris damage is presented. This number differs based on the 
mission, so a methodology is presented to solve for this number. The methodology is comprised 
of two branches, the first branch solves for the critical depth and the second branch solves the 
debris environment. These two branches are then combined to generate the number of impacts. 
The critical depth is the minimum depth at which impact damage will cause mission failure. A 
method of calculating the critical depth is presented over mission and vehicle parameters of 
interest. The debris environment is the mean flux of particles that will impact the vehicle during 
its anticipated orbital lifetime, and the resulting penetration depths from these impacts. Combing 
these two values gives the number of impacts that cause mission failure and the maximum 
allowable size and speed of impacting particles before mission failure. Results indicate that the 
critical depth is a strong function of the entry environment as well as mission and vehicle 
parameters, including orbital lifetime, vehicle surface area, and thermal protection system margin.  
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NOMENCLATURE 
HR = Recovery Enthalpy, W 
Hw = Wall Enthalpy, W 
CH1 = Heat Transfer Coefficient, nd 
l  = Blowing Coefficient, nd 
s  = Stephan-Boltzmann Constant, W/m2/K4 
sx  = Standard Deviation, varies 
e  = Emissivity, nd 
t  = Time, s 
P  = Pressure, N 
qr  = Radiative Heat Flux, W/m2 𝑞  = Heat Rate, W/m2/s 
d0  = Projectile Diameter, cm 
P  = Penetration Depth, cm 
V  = Projectile Velocity, m/s 
V¥  = Freestream Velocity, m/s 
b  = Impact Angle, deg 
cp  = Specific Heat Coefficient, nd 
J  = Mechanical Equivalent of Heat, N-m/J 
Tw  = Wall Surface Temperature, K 
r  = Freestream Density, g/cm3 
rTPS  = Material Density, g/cm3 
v 
 
rd  = Debris Density, g/cm3 
rn  = Effective Nose Radius, m 
a  = Exponent, nd 
b  = 2.261, radiation equation coefficient, nd 
C  = 3.416	×	10+, radiation equation coefficient, nd 
g  = Gravity at Earth, 9.8 m/s2 
A  = Vehicle Surface Area, m2 
F  = Debris Flux, 1/m2/yr 
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CHAPTER 1: INTRODUCTION 
 During planetary entry, the thermal protection system (TPS) protects the entry vehicle 
and its payload from the severe aerothermal environment experienced during hypersonic flight 
through the atmosphere. It is important to both know the amount of damage the TPS can withstand 
from micrometeoroid and orbital debris (MMOD) impacts as well as the likelihood that such an 
impact will occur prior to entry. MMOD impacts have always been a cause for concern for thermal 
protection systems. Over the course of the first 33 Space Shuttle missions (1981-1989), the number 
of tiles requiring replacement due to damage from debris ranged from 53 to 707 (with a mean of 
179) out of 25,000 tiles per flight15. An image of impact damage to the tiles is seen in Figure 1. 
 
Figure 1. Image of Damage to Space Shuttle Tiles28 
 
The debris environment has only increased over time; Figure 2 shows the tracked objects 
from 1957 to 2002. Note that these are only objects that are able to be tracked and does not include 
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anything less than 10 cm in diameter. Figure 3 shows the predicted future debris environment26,27. 
 
Figure 2. Trackable Objects of different Classifications from 1957 to 2002 
 
Figure 3. Future Predicted Debris Environment 
 
Even though many crewed vehicles often do not expose their TPS until before entry, one 
bad impact can make the difference between mission success and failure. The Space Shuttle 
Columbia incident is a prime example of impact damage resulting in mission failure. Furthermore, 
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research shows that impact craters in TPS grow when exposed to entry conditions1,2. 
Understanding the relationship between MMOD impact damage and TPS thermal response may 
lead to improved TPS designs and a reduction in required design margin, resulting in mass and 
cost savings. 
The severity of the aerothermal environment may be parameterized in terms of the peak 
heat rate and the integrated heat load. The peak heat rate is the maximum flux that acts on the 
vehicle whereas the heat load is the total amount of heat input to the vehicle. Example heat rates 
versus time are shown in Figure 4 for the Genesis sample return capsule and a notional Mars 
Sample Return (MSR) Earth entry. The MSR mission has a steep initial flight-path angle of -20°, 
compared to -8° for Genesis9,11,13. The peak heat rate of the MSR mission is thus much higher than 
that of the Genesis mission. However, Genesis has a larger integrated heat load than the MSR entry 
(16.5 KJ/cm2 vs 6.65 KJ/cm2) due to a longer time of flight.  
 
Figure 4. Comparison Between Genesis and MSR Missions 
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Thermal protection system materials may be broadly classified in two categories: ablative 
and insulating. Ablative materials are typically single-use; insulting materials may be reusable. 
The Space Shuttle TPS material was an insulating reusable tile, but not every mission used the 
same materials. Insulating tiles are ideal for environments with low peak heat rates and larger heat 
loads. Ablating TPS materials are ideal for vehicles that will experience high peak heat rates, 
because they undergo a phase change during entry that allows heat to wicked away24. Different 
materials will be affected by MMOD impacts differently as well: TPS material density and 
composition will change what the impact craters look like; either shallow, narrow, deep or wide13. 
In addition to cost and mass savings, understanding the relationship between MMOD 
impact damage could allow repair technologies to be implemented on the thermal protection 
system. After Columbia, new technologies were developed to repair the Shuttle TPS should 
damage be found after inspection. The first of the technologies developed was Shuttle Tile Ablator 
54 (STA-54). This material was designed to be applied with a caulking gun by an astronaut during 
an Extra Vehicular Activity (EVA) before entry and required 24 hours to fully cure. Another 
material, nonoxide adhesive experimental (NOAX), was similarly applied using a caulking gun. 
Both materials experienced bubbling in a vacuum environment after application and the NOAX 
required an active heater to cure3.  
These repair materials required direct astronaut input in order to place the repair material 
on the specified location, a difficult and dangerous operation. Performing the repairs in an EVA 
suit, with limited mobility and dexterity makes accurately repairing TPS damage difficult. 
Implementation of a self-healing capability in the thermal protection system may mitigate some of 
these issues from past repair technologies.  
This study investigates the relationship between the MMOD environment and number of 
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impacts resulting in mission failure. The study contains a methodology for generating the critical 
depth based on inputs for the selected mission. It also contains a method for generating the MMOD 
environment for the vehicle as it orbits Earth, before it transitions to the entry phase of the mission. 
Finally, it contains a method for combining this information into the percent value.  
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CHAPTER 2: METHODOLOGY DEVELOPMENT 
2.1 Methodology Definition 
A methodology has been developed that can be used to calculate the probability of mission 
failure if the details of a mission are known. The methodology (see Figure 5) consists of two 
branches: the entry environment branch (boxed in red) and the debris calculation branch (boxed in 
blue). The inputs to the methodology summarized in Table 1 and the output of the methodology is 
the number of MMOD impacts exceeding the critical depth.  
The methodology begins with the mission profile; this consists of a description of the orbit 
of the vehicle before it enters the atmosphere as well as the entry interface parameters. The debris 
branch of the method takes the orbital elements and produces a debris environment that the vehicle 
will experience in orbit. The debris environment is converted to a “penetration depth environment” 
using a ballistic limit equation to relate the density, size, and relative impact speed of particles to 
the depth they will penetrate on a TPS material.  
The entry branch uses the entry interface parameters to generate a trajectory using a 3 
degree-of-freedom entry equation of motion solver. A number of engineering relations and 
equations from first principles are used to convert the trajectory to appropriate inputs for a thermal 
response program. The thermal response is used to produce the optimal thickness of the TPS 
material such that the bondline temperature does not reach failure temperatures. This optimization 
will produce the critical depth of the material. These two branches are combined to find the number 
of impacts that will occur on the vehicle that will cause mission failure.  
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Figure 5. Flow Chart Overview of Methodology 
 
Table 1. Overview of Input Parameters and Tools that Utilize those Parameters 
Input Parameter Tool  Needed For (Generates) 
Orbit Semi-major axis (km) ORDEM MMOD Environment 
 Orbit Eccentricity (nd) ORDEM MMOD Environment 
Orbit Inclination (rad) ORDEM MMOD Environment 
Mission Lifetime (years) Statistical Model Failure Probability 
Planet ASIM Entry Trajectory 
TPS Material Thermal Model Critical Depth 
TPS Thickness (cm) Thermal Model Critical Depth 
Entry Interface Altitude (km) ASIM Entry Trajectory 
Entry Flight Path Angle (rad) ASIM Entry Trajectory 
Entry Velocity (km/s) ASIM Entry Trajectory 
Vehicle Mass (kg) ASIM Entry Trajectory 
Vehicle Reference Area (m2) ASIM Entry Trajectory 
Nose Radius (m) ASIM Entry Trajectory 
Critical Bondline 
Temperature (K) 
Thermal Model Critical Depth 
 
Aerodynamics,	
Entry	Interface,	
and	Environment
Orbit	Parameters
Thermal	
Analysis
Code
Conversion/	
Thermal	
Modeling
Mission	
Profile
Thermal	
Response
Aerothermal	
environment
Thermal	Boundary	
Conditions
Iterate	to	find	TPS	
thickness
Trajectory	
Simulation
Ballistic	
Limit	
Equation
Orbital	Debris	
Engineering	
Model
Debris	
Environment
Particles	
that	exceed	
Critical	
Depth
Critical	Depth
Size	of	
Damage
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Table 1 gives the inputs for the whole methodology and the tools that directly use those 
inputs. The results generated, which are listed in the final column of the table, indicate what the 
tool is being used for and what the intermediate value generated is before it is input into the next 
tool. For example, the orbit semi-major axis is an input into ORDEM. The output of ORDEM is 
then needed to develop the MMOD environment.  
The final value of number of impacts that will cause mission failure relies on the calculation 
of the critical depth, the method of which will be presented in the following section. The critical 
depth is the through-the-thickness depth in the thermal protection system at which the remaining 
thermal protection system material is not sufficient for successful entry. An example of critical 
depth is shown in Figure 6. The critical depth is a function of TPS material, vehicle configuration, 
and the entry environment. Each of these components will be examined in depth as part of the 
methodology development.  
  
Figure 6. Difference between damage above and below critical depth. 
A. Entry Branch 
The proposed method for determining the critical depth is iterative and requires use of 
computational tools. First, an entry trajectory calculator uses atmospheric entry and vehicle 
information to compute a trajectory. Engineering relations and equations derived from first 
Critical 
Depth
Virgin Material
Post-Impact
Post-
Entry
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principles are used to turn the output trajectory into boundary conditions for thermal analysis. The 
boundary conditions and an initial guess are used to calculate the bondline temperature of a TPS 
material. A critical bondline temperature condition is used to iteratively solve the optimal thickness 
of the TPS. In a one-dimensional case, the critical depth is equal to the margin applied to the 
optimal thickness. For multi-dimensional cases, the size of the damage applied to the baseline 
thickness of the TPS is iterated on to find the size of damage that will cause the bondline 
temperature to peak above the critical level.  
1. Trajectory Simulation 
The Aeroassist Simulation (ASIM) is used to compute the entry trajectory and 
corresponding aerothermal environment for a given vehicle, planet, and initial condition. ASIM is 
a three-degree-of-freedom entry trajectory simulation tool that takes in initial entry conditions and 
vehicle aerodynamics information and outputs the trajectory14. ASIM is used to generate the inputs 
required for thermal response analysis. The inputs needed for this component are listed in Table 
1. 
The output of ASIM is a Matlab structure, which contains both the state data i.e. position 
and velocity data and data that acts on the vehicle such as g-loading and heat rate. It also contains 
navigational/control data if that is performed in the mission. The variables needed from this output 
trajectory include the freestream pressure and temperature, Mach number, heat rate, heat capacity 
and density profile, freestream velocity, and dynamic pressure. These values are converted to the 
needed thermal response inputs in the following section.  
2. Conversion/Thermal Modeling 
Before this trajectory can be used in Porous Material Analysis Toolbox (PATO) or Fully 
Implicit Ablation and Thermal Analysis Program (FIAT), the output needs to be formatted into 
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the appropriate set of boundary conditions. FIAT is an implicit ablation and thermal response 
program that simulates one-dimensional transient thermal energy transport for a multilayer stack 
of isentropic material that can decompose7. PATO is a generic local thermal equilibrium model 
for decomposing and reacting porous materials8. Equations 1 through Equation 4 are used to 
convert trajectory quantities generated by ASIM into the wall temperature, recovery enthalpy and 
the heat transfer coefficient. The vehicle surface is assumed to be in thermodynamic equilibrium, 
which allows the enthalpy to be approximated. The recovery enthalpy is calculated using the 
relation found in Reinikka and Sartell4, and the heat transfer coefficient is found using the 
relationship between the recovery and wall enthalpy as seen in Equation 4.  
 𝐻- = 𝐻/ + 𝑉/22𝑔𝐽  (1) 
 𝐻5 = 𝑐7𝑇5 (2) 
 𝑇5 = 𝑞𝜎𝜖 ;+ (3) 
 𝐶=; = 𝑞𝐻- − 𝐻5 (4) 
In Equation 1 through Equation 4, the freestream velocity and heat rate come from ASIM 
calculations. In Equation 2, cp is found with a table lookup using the freestream temperature, which 
comes from ASIM as well. The freestream pressure input also comes from ASIM and the blowing 
parameter is assumed to be 0.5, consistent with literature5. The radiative heating is calculated over 
the trajectory using the equations from Brandis and Johnson (see Equations 5-7), which assumes 
radiative heating occurs between atmosphere-relative velocities of 17 km/s and 9.5 km/s for Earth 
entry16. Convective heating in calculated with FIAT/PATO. 
11 
 
 𝑞? = 𝐶𝑟AB𝜌D𝑓(𝑉/) (5) 
 𝑎 = min 3.175	×	10N𝑉/O;.PQ𝜌OQ.;RSR, 𝑎𝑚𝑎𝑥  
𝑎𝑚𝑎𝑥 = 	 0.61	if	0	 ≤ 𝑟A ≤ 0.51.23	if	0.5	 < 𝑟A ≤ 20.49	if	2 < 𝑟A ≤ 10  (6) 
 𝑓 𝑉/ = 	−53.26 +	 65551 + 16000𝑉/ P.2R  (7) 
Table 2 is an overview of the needed inputs for the thermal modeling using FIAT. The 
inputs to PATO are the same, but in a different sequence. The chart shows which variables are 
necessary for calculating the inputs, and where these variables come from. Some equations are 
necessary to convert ASIM outputs, however all variables can either be found directly from ASIM, 
or through the use of a simple engineering relation found in Equations 1-7. The exception being 
the blowing coefficient which is taken directly from literature.  
Table 2. Mapping of ASIM Outputs to Thermal Modeling Inputs 
FIAT Input (as 
functions of time) 
Calculated by Inputs needed Inputs Found 
From 
Time (t) Direct from ASIM   
Pressure  Isentropic Relations Mach number , Freestream 
Pressure,  
ASIM 
Ablation Rate  Unspecified   
Heat Transfer 
Coefficient 
Equation 2-4, Heat capacity, Wall 
Temperature, Recovery 
Enthalpy, Wall Enthalpy 
ASIM, 
Equations 2-4 
Recovery Enthalpy Equation 1 Freestream Velocity  ASIM 
Radiative Heat 
Transfer 
Equation 5-7 Nose radius, freestream 
velocity, freestream density 
ASIM 
Other Heat Transfer Unneeded (no other 
source of heat) 
  
Blowing Coefficient From Literature   
Free Stream 
Temperature 
Atmosphere Model: 
ASIM 
  
Dynamic Pressure Dynamic Pressure 
Relations: ASIM 
  
12 
 
 
3. Thermal Modeling 
The inputs for the thermal modeling are summarized in Table 2. These are the boundary 
conditions applied to the surface of the material in the modeling program. Once the boundary 
conditions have been calculated, an initial guess for the critical depth is needed. This thickness is 
input along with the boundary conditions into either PATO or FIAT (depending if you are 
performing 1D or 2D analysis). For FIAT the initial guess can be generated from similar missions 
that have flow previously. The initial guess for PATO is the one-dimensional result from FIAT. 
PATO or FIAT will then output the temperature along the bondline. Whether the 
temperature found at the bondline is above or below the critical level for the selected vehicle will 
inform the next guess. FIAT, the one-dimensional solver, has a built-in optimizer that will find the 
optimal thickness such that the bondline temperature does not reach the specified value. PATO, a 
multi-dimensional solver, does not have this function thus optimization needs to be performed 
manually. Once the temperature profile at the bondline is found to just reach the critical level, the 
found TPS thickness subtracted from the baseline thickness is the critical depth. These results can 
then be verified by creating simulated damage and testing in an arcjet.  
These calculations are assumed to be done at the stagnation point for a ballistic entry. The 
method described is sufficient for finding the critical depth at the stagnation point, but to find the 
critical depth at any other location the boundary conditions need to be appropriately scaled to 
match the heating at the non-stagnation point location. The heating at different parts of the vehicle 
will be different, thus the above process can be repeated with the new heating information. This 
will give a distribution of critical depths over the surface of the vehicle. Assuming a symmetric 
body entering at zero angle of attack and laminar flow, the heating on the stagnation point will be 
13 
 
highest and decrease radially, as shown in computational analyses of the Stardust capsule (see 
Figure 7)9. The stagnation point is chosen because it has the highest heat rates (in the absence of 
turbulence effects) in symmetric vehicles at zero degrees angle of attack. Additionally, there are 
many missions that fall into this category of ballistic missions and there are relatively simple 
equations that can be used to model the effects here.  
 
Figure 7. Heat Flux over Stardust Capsule Body. 9 
 
B. Debris Branch  
The next component of this study that must occur separately but in parallel is the debris 
branch of the aforementioned flowchart of Figure 5. This component starts with the mission 
profile, and takes the orbit information. This encompasses the orbital elements of a spacecraft 
Nose 
Corner 
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before it enters Earth’s atmosphere. This information in entered into a debris engineering model, 
which outputs the debris environment in terms of flux. This provides the number of impacts per 
square meter per year in the designated orbit. Flux is given as a function of the relative velocity, 
size, impact angle, and density of debris. These are distributed into a varying amount of bins, 
dependent of the variable.  
The next component of this branch of the flow chart is using the Ballistic Limit Equation 
(BLE). The BLE is an equation based on experimental results that gives the depth of penetration 
in a specified material. The energy of the impact is given based on the size, density, and speed of 
impacting particles. Combining the output of the debris model and the BLE, the debris flux is 
converted to an impact flux. This is the number of craters of a particular depth generated per square 
meter per year in the given orbit.  
The two branches of the flowchart are then brought together. The critical depth is known, 
and the flux of a particular depth occurring is known. Combining these two factors, the number of 
impacts reaching the critical depth is found.  
1. Debris Engineering Model 
The model used for this study is the Orbital Debris Engineering Models (ORDEM), a 
database of debris in the near-Earth space environment. The required inputs are shown in the input 
chart at the beginning of this chapter, Table 1. It has as an output the flux of orbital debris in 
#/m2/yr.  There is a flux available for combinations of relative velocity, particle size, impact angle, 
and debris type. There are 23 relative velocity bins. Each bin has a range of 1 km/s and the bin 
span 0 to 23 km/s. This upper limit is due to the fact that escape velocity at Earth is approximately 
11 km/s, so it is unlikely that both the debris and spacecraft have velocities higher than 11 km/s 
(thus a relative velocity of 22 km/s) or they would not be in Earth’s orbit and thus not applicable 
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to this problem. In fact, it will be shown that the flux is zero for relative speeds higher than 16 
km/s for spacecraft in Low Earth Orbit (LEO).  
There are five bins for types of debris. They are coolant particles, Low Density debris (<2 
g/cc), Mid Density debris (2-6 g/cc), High Density Debris (>6 g/cc), and intact/launched objects. 
For the purpose of this study, only the three density bins will be utilized for calculating the impact 
energy. There are 11 size bins. These sizes are ranges of equal orders of magnitude. That is, one 
bin will range in size from 102 µm to 102.5 µm and the next from to 102.5 µm to 103 µm. However, 
the lowest bin includes debris less than 10 µm and the highest bin will be debris greater than 106 
µm or 1 meter. Though debris that is larger than a few centimeters is no cause for concern in this 
study, as that debris is easily trackable and thus avoidable. The fluxes are further divided manually 
into different impact angle bins. The flux is divided equally by 10, and put into 10 impact angle 
bins that go from 0° to 9°, 9° to 18°, etc. This is done assuming a uniform distribution. 
This means that there are a total of 7590 flux values available. These flux values are the 
mean values for those combinations and each flux value comes with a corresponding standard 
deviation value. A bar chart showing the flux values for mid density debris between 102 µm to 
102.5 µm for a circular orbit in Low Earth Orbit (400 km altitude) for all impact angles is shown in 
Figure 8. As mentioned previously, there is very little flux above 16 km/s. Since this is in low earth 
orbit, it can be seen that the highest fluxes occur when the relative velocity is 15 km/s, which 
would be the spacecraft and debris both in LEO orbiting in opposite directions25.  
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Figure 8. Debris Flux for Mid-Density Debris 
 
2. Ballistic Limit Equation 
The ballistic limit equation is an equation that shows the size and speed of MMODs of 
specific types that will penetrate though the thermal protection system material to a specified 
depth. Using a ballistic limit equation (an example of which is given in Equation 7) a diameter of 
the micro meteoroid particle for a certain velocity and impact angle that causes a crater depth P to 
be formed can be calculated. If P is assumed to be the critical depth, these sizes, speeds, densities, 
and impact angles of the impacting particles are those that would cause mission failure. The 
ballistic limit equation differs based on the impacted material. This is due to the fact each equation 
is formed from a best fit line, where the data is taken from impact testing results. The given 
equation is from materials that may be used on a theoretical Mars Sample Return vehicle, i.e. 
Carbon Phenolic and SLA-561V. Assuming Carbon Phenolic, with a baseline TPS thickness of 
1.2 cm, three depths of damage are examined, plotted in Figure 913.  
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 𝑃𝑑Q = 0.60885 ∗ 𝑑Q;;P ∗ 𝜌;^2 ∗ 𝑉𝑐𝑜𝑠 𝛽 2b (7) 
 
 
Figure 9. Projectile Critical Size for Carbon Phenolic 
The ballistic limit equation gives the size, speed, density and angle of particles which create 
certain damage sizes. ORDEM provides the flux for varying size, speed, impact angle, and density 
bins of particles which are the three variables in the BLE. Using the BLE, a set of bounding impact 
depths can be calculated for each of the combinations of size, relative speed, density, and angle. 
Each type of material that is expected to be impacted during the mission will have its own sets of 
depths and associated fluxes.     
The bounding values for the penetration depth bins are calculated using the maximum value 
of each bin for the upper bounding case and the minimum value for each bin for the lower bounding 
penetration depth. The minimum value will always be 0.0 cm. This is because the lower limit for 
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the impact angle is 90° from the normal, which given the BLE is a function of cos(b), will give 
zero at 90°.  
C. Merging Components 
The work generated from ORDEM and the BLE gives data on the impact depth generated 
from a wide range of impact energies. The impact depths are calculated using the velocity, size, 
and density bins described previously. The fluxes of these depths are assumed to be the mean of a 
normal distribution. ORDEM also provides the standard deviation value of the population for the 
same bins. Two questions are raised from this method: what is number of particles that will impact 
the vehicle, and what is the percent of these impacts that are above the critical depth.  
The first question is straightforward, the sums of all the fluxes are taken. Since this number 
is greater than one in most cases, the vehicle will be impacted by orbital debris. However, most of 
the impacts will be very slow and small and will likely not have a substantial impact on the vehicle.  
The second question is more complex. The average flux values are tied to a range of 
penetration depths. This is, the average number of particles per m2 per that cause impact damage 
between Pmin and Pmax is given. Pmin will always be zero because the minimum value of the impact 
angle bin is cos(90°), and when entered into the BLE, gives P=0.0 cm. It is then required to go 
back to the critical depth discussion. From the entry branch of the flow chart, the critical depth for 
the stagnation point on the vehicle’s heat shield was found.  
From this point there are two cases that can be evaluated. The sum of all flux values for 
the maximum penetration depth above the critical depth is taken or the sum of all flux values for 
the average penetration depth above the critical depth is taken. Where the average penetration 
depth is evaluated using Equation 8. 
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 𝑃Bcd = 𝑃efg + 𝑃hiA2  𝑃Bcd = 𝑃efg2  (8) 
 
 This gives the total mean flux value for impacts that will cause mission failure. In order to 
find the percent of impacts that will cause mission failure, this value is divided by the total number 
of impacts that was found and is stated in the previous paragraph.  
This method assumes that the impacts are independent to each other. This assumption 
needs to be validated, which is done by finding the probability of a double impact event. A double 
impact is when a MMOD impacts an area on the vehicle that already contains an impact crater. 
First the area of the average impact crater is found, which is done by taking the average impact 
depth that occurs on the vehicle. The depth is weighted by the flux as seen in Equation 12 where 
n is the total number of entries found in the debris branch (759).  
𝑃Bcd = 𝛷i𝑃iAik;𝑛  (12) 
The area of the damage is assumed to be a circle with radius equal to the penetration depth. 
This area is the divided by 1 m2 to find the probability of double impact per m2. If this value is 
sufficiently small, then the assumption can be made.  
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CHAPTER 3: APPLICATION TO LIFTING BODY EARTH ENTRY 
VEHICLE 
As discussed, the number of mission ending impacts that cause TPS failure is a function of 
a large number of variables, which means it will change from mission to mission. This chapter will 
look at a high level example mission of a modified Dream Chaser vehicle, which remains in Low 
Earth Orbit (LEO) before entering Earth’s atmosphere with Theoretical Ablative Composite for 
Open Testing (TACOT) as the TPS primary material. The method presented in the previous 
chapter will be utilized to determine the risk posed to this mission due to MMOD impact.  In the 
first section the combinations of impact depths to fluxes for the mission’s orbit will be developed. 
In the second section the critical depth for the prescribed mission will be calculated. Finally, the 
two will be matched and number of impacts that will cause failure for this mission will be 
calculated. The mission parameters are summarized in Table 3. The image of Dream Chaser can 
be seen in Figure 10. Dream Chaser is a reusable, manned, lifting body spacecraft being 
manufactured by the Sierra Nevada Corporation22. 
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Figure 10. Animation of Dream Chaser 
 
Table 3. Mission Parameters18, 21-23 
Parameter Value Parameter Value 
Semi-major axis 6771 km TPS Material TACOT 
Eccentricity 0 TPS Margin 50% 
Inclination 51.6 degrees Entry Interface 
Altitude 
121.92 km 
Mission Lifetime 10 years Entry Flight Path 
Angle 
-2.36° 
Planet Earth Entry Velocity 7620 m/s 
Critical Bondline 
Temperature 
370°C Vehicle Mass 7797 kg 
  Vehicle Reference 
Area 
41.18 m2 
  
The Dream Chaser mission is assumed to be in an orbit that matches with the ISS for a 
majority of its time in orbit, until it performs the entry phase. Therefore, the orbital elements 
entered into ORDEM are those that match the ISS. The output from ORDEM are two spreadsheets 
that contains the mean and standard deviation fluxes of impacts for a set of density, size, and speed. 
The fluxes are further divided manually into different impact angle bins. The flux is divided 
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equally by 10, and put into 10 impact angle bins that go from 0° to 9°, 9° to 18°, etc. This is done 
assuming a uniform distribution. 
This debris environment for a vehicle in an ISS matching orbit was calculated using 
ORDEM. Using three contour plots for the three density bins in Figure 11, it can be seen that there 
is zero flux in most cases. However, there is a fairly high flux in the mid and high density debris 
cases. However, their size is very small and the high fluxes does not apply to larger sizes.  
 
Figure 11. Flux of Orbital Debris by Density, Relative Speed, and Size 
 
Using a Matlab script, the associated sizes, densities, impact angles and relative impact 
velocities are plugged into the Ballistic Limit Equation for TACOT shown in Equation 13. This 
gives impact depths and the flux of debris that will cause this depth of damage.  
𝑃 = 	 .72 ∗ 𝜌mnopmO.q2 ∗ 𝑑Q.PR ∗ 𝜌.^R ∗ 𝑉𝑐𝑜𝑠 𝜃 2b (13) 
 
Now that the debris branch of the flowchart has been developed, the entry branch of the 
flow chart needs to be solved in order to connect the two components. The first step is to use a 
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trajectory solver in order to generate the entry trajectory. For this study, the program ASIM is used. 
ASIM is a Matlab function, and begins with the file “Dreamchaser_in.m” which houses the vehicle 
and entry interface parameters. These include the values listed in Table 3. Using then the function 
“main.m” a Matlab structure is created using the 3 degree of freedom entry equations described in 
Chapter 2.  
Generated from this function is the trajectory of the vehicle as it enters Earth’s atmosphere. 
This includes all relevant information needed in calculating the boundary conditions necessary for 
the thermal response code.  Bank angle control is used to match flight realistic-trajectories for the 
HL-20 from the literature with respect to the peak heat rate and the heat load18. The trajectory 
generated is presented in Figure 13 and Figure 14. The bank angle commands used are found in 
Figure 12, which give the commanded bank angle in radians vs. the velocity of the vehicle. The 
figure indicates that at the faster velocities the vehicle will be banked at a high angle to reduce the 
amount of lift acting on the vehicle, which allows it to have a smoother trajectory. The trajectory 
generated from ASIM is compared to that of literature presented in Figure 15 and Figure 16. 
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Figure 12. Bank Angle Command 
 
Figure 13. Trajectory Overview of Dream Chaser Entry 
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Figure 14. Heat Rate for Dream Chaser Mission 
 
 
 
 
Figure 15. HL-20 Trajectory 
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Figure 16. HL-20 Heat Rate Profile During Entry 
 
Now that the trajectory is generated, the boundary conditions can be calculated. These are 
calculated as described in Chapter 2, using a series of engineering relationships found in the 
literature as well as equations generated from first principles. In order to calculate the critical 
depth, the crater size in the TPS used for this theoretical mission that when exposed to the 
calculated boundary conditions will result in a bondline temperature reaching 370° C is calculated. 
This damage size is found using the program FIAT, using the optimization function that is 
contained in the FAIT code.  
Given this initial guess and the assumption that the margin is ~50%, the optimization is 
performed and the thickness without margin is found to be 13.434 cm and the critical depth is 
found to be 6.72 cm. The surface temperature and bondline temperature are plotted for the two 
TPS material thicknesses of 20 cm (undamaged or with margin) and 13.434 cm (damaged to 
critical depth or without margin) in Figure 17. 
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Figure 17. Temperature Profile for TPS with Margin and without Margin 
 
The two questions posed at the end of Chapter 3 must now be answered. What is the number 
of impacts that will occur during this mission? And what is the percent of these impacts will cause 
mission failure? The first question is answered by summing all the fluxes together. It is found that 
the total flux is 1.3016 x 104 per m2/year. This value is large, but many of these impacts are so 
weak that they do not cause any significant damage.  
The assumption of no double impacts is now evaluated. Using Equation 12, the average 
penetration depth for the Dream Chaser mission is calculated. Using the penetration depths and 
their associates fluxes found earlier the average penetration depth is 0.0127 cm. Using the process 
from Chapter 2, it is found that there is a 0.0127% chance per m2 that there will be an impact. 
Because this is very small, it is assumed there is no double impact and the covariance of the impacts 
is zero. 
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The question of what is the percent of these impacts that will cause mission failure is then 
posed. The debris branch of the flow chart gives 7590 pairs of damage depths and the flux of those 
depths occurring. In the most extreme case, where the upper bound of the penetration depth bin is 
examined, the sum of the fluxes with Pmax greater than the critical depth is taken. These values are 
then multiplied by the surface area of the vehicle TPS and vehicle lifetime. It is found that there 
are 0.0153 impacts will cause mission failure over the lifetime of the vehicle. Dividing this by the 
total flux, the percent of impacts that will cause mission failure is 2.826 x 10-7 %.  
This value is very small, which indicates that for this mission the likelihood of there being 
a mission ending impact is very remote. It should be noted however, that this mission is not realistic 
in the choice of material. Figure 14 shows that the total heat load for this trajectory is very high, 
since the Dream Chase vehicle will glide to the surface with a non-zero amount of lift. The ablative 
material TACOT is not suited for this application because it transmits the heat, and the bondline 
temperature continues to increase for ~2000 seconds, even after the craft has reached the surface.  
The number of mission ending impacts was very sensitive to the margin assumed on the 
TPS as well as the area and the vehicle lifetime. Since the flux is a direct function of the time and 
the area of the vehicle, considering a longer lifetime or larger area of the TPS material would 
increase the percent of impacts that cause failure. The change in margin has a very non-direct 
effect on this value though. Since the relationship between flux and penetration depth is not a 
function of one another, but rather just two points paired together as shown in Figure 18, there are 
a number of jumps that can occur. Changing the margin from 50% to 30% for example, changes 
the percent of mission ending impacts from 2.82x10-7 % to 6.11x10-5 %. This 20% change in the 
margin changes the value by two orders of magnitude. This indicates that the percent of impacts 
that cause mission failure is highly sensitive to the margin selected. This can further be seen in 
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Figure 19 which plots the margin added to the optimized thickness against the percentage of 
impacts that will cause mission failure. Since the y-axis on this plot is logarithmic, the jumps seen 
between 5%, 15%, 40% and 80% are very significant. This is because of the groupings seen in 
Figure 18 and how there is no linear relationship between the penetration depth and the flux of the 
particles that cause that depth. This is an artifact of the bins generated from ORDEM. Since the 
particle size bins are separated logarithmically (103 to 103.5 micrometers and so on) and the density 
bins are not of even sizes (0-2 g/cc, 2-6 g/cc, and >6 g/cc) some bins will encompass a wider 
variety of particles than other bins. The more diverse bins and their associated penetration depths 
will therefore have higher fluxes.  
 
Figure 18. Debris Flux and corresponding Penetration Depth Upper Limit 
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Figure 19. Margin on TPS and the effect on Number of Impacts that Cause Failure 
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CHAPTER 4:  CONCLUSIONS  
This thesis presents a method for calculating the percent of Micrometeoroids and Orbital 
Debris impacts on a thermal protection system of a spacecraft that result in failure during entry. 
This methodology starts with the information on the vehicles’ mission parameters (orbital elements 
and vehicle description) and entry interface parameters. The method then uses two concurrent 
processes to calculate the percent of impacts that cause failure, the entry and debris paths. These 
two paths are described as two branches of the flowchart seen in Figure 5. These two paths need 
to be calculated separately but simultaneously.  
The result of the entry path is the critical depth, the through-the-thickness depth in the 
thermal protection system at which the remaining thermal protection system material is not 
sufficient for successful entry. The critical depth is found using the program ASIM to generate an 
entry trajectory and FIAT to develop the TPS thickness required to prevent bondline failure. 
Because FIAT is one dimensional, the critical depth is assumed to be the margin applied to the 
TPS. 
The result of the debris path is a set of impact depths and the rate those impacts occur on a 
1 m2 surface per year. These pairs are found first using the software ORDEM to generate the debris 
environment around Earth for a specified orbit. The debris environment is then converted to the 
pairs by use of the Ballistic Limit Equation which converts the size, density, relative impact speed, 
and impact angle bins into the penetration depths that debris of each size, density, angle and speed 
will create. These depths can then be paired with the fluxes output from ORDEM.  
These two branches are combined by taking the summation of all fluxes where the 
penetration depth in the flux/depth pairings is greater than the critical depth. This value is divided 
by the total number of impacts that occur, found by taking the sum of all fluxes. Since every 
32 
 
mission is different, with different orbital elements and entry trajectories, a definite percentage 
cannot be provided. By changing the inputs to the methodology the value can be found for each 
specific mission.  
General trends can however be seen. Increasing the mission length and vehicle size will 
increase the percentage of failure causing impacts, as there will be more chances for damage and 
a larger target. Increasing the peak heat flux and heat load will additionally increase the percentage 
of failure causing impacts as the critical depth will increase. This will lead to higher fluxes in the 
critical depth flux pairs. Finally, the margin applied to the optimized TPS thickness will change 
the percentage, as the relationship between penetration depth and flux is not linear. A small change 
in the margin may have a significant change in the number of mission failure causing impacts.  
There are some weaknesses to this methodology that need to be addressed in future work. 
The use of FIAT and assuming the critical depth is the margin added to the TPS does not capture 
the 2D effects that entry heating will have on a damaged section. Research has shown that when a 
square cutout in a TACOT block has been exposed to heating on the surface using the software 
PATO, the ablation along the surface is not constant. This indicates that the critical depth may not 
in fact be equal to the margin applied as the physical shape of damage will have an influence on 
the calculation. Future work needs to include PATO into methodology to allow for this influence 
to be taken into account. Additionally, this can be physically tested using samples in an arcjet to 
confirm the simulation results.  
The methodology only finds the heating profile at the stagnation point, as mentioned in 
Chapter 2. However, the area considered for the debris environment is the whole TPS. The heating 
on the rest of the TPS will be less than the heating that occurs at the stagnation point, which 
indicates that the number of impacts that cause mission failure is over estimated by this 
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methodology. This could be corrected by dividing the TPS into a grid and finding the heating 
profile/critical depth in each of those sections. This would allow for the varying critical depths 
along the vehicle to be accounted for, however that is out of the scope of this study.  
In understanding the number of impacts that cause mission failure, the number of impacts 
that occur during the lifetime of the vehicle skews this number because there are a large number 
of impacts that do little to no damage. It would be more useful to understand the probability of 
those mission ending impacts occurring rather than how many of them there are compared to the 
total. This could be done with better statistical modeling, and a better understanding of the outputs 
from ORDEM. ORDEM outputs a standard deviation to the flux bins presented, however they are 
not used in this methodology.  
Finally, this methodology assumes that the vehicle will be orbiting with the heatshield 
directed so that the normal is in the velocity direction. This in not always the case, as orienting the 
heatshield away from oncoming particles, with active attitude control, would significantly reduce 
the amount of debris impacts. If this was considered, the debris that could impact the vehicle are 
only those going at velocities higher than the vehicle itself, which would remove a number of the 
high relative velocity bins from the debris branch of the flow chart. These high relative velocity 
bins are the ones with larger penetration depths, making the number of debris impacts that cause 
mission failure to be significantly reduced.   
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